
1 

 

THE ASTRODYNAMICS RESEARCH GROUP OF PENN STATE 
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We present the methods and results of the Astrodynamics Research Group of Penn 

State (ARGoPS) team in the 2017 Astrodynamics Specialist Conference Student 

Competition. A mission (named Minerva) was designed to investigate Asteroid 

(469219) 2016 HO3 in order to determine its mass and volume and to map and 

characterize its surface. This data would prove useful in determining the necessity 

and usefulness of future missions to the asteroid. The mission was designed such 

that a balance between cost and maximizing objectives was found. 

INTRODUCTION 

Asteroid (469219) 2016 HO3 was discovered recently and has yet to be explored. It lies in a 

quasi-orbit about the Earth such that it will follow the Earth around the Sun for at least the next 

several hundred years providing many opportunities for relatively low-cost missions to the body. 

Not much is known about 2016 HO3 except a general size range, but its close proximity to Earth 

makes a scientific mission more feasible than other near-Earth objects.  

A Request For Proposal (RFP) was provided to university teams searching for cost-efficient  

mission design solutions to assist in the characterization of the asteroid and the assessment of its 

potential for future, more in-depth missions and possible resource utilization. The RFP provides 

constraints on launch mass, bus size as well as other mission architecture decisions, and sets goals 

for scientific mapping and characterization. These constraints and goals can be found described in 

more detail in the Appendix.  

Prior to the proposed mission, the only knowledge of the properties of the asteroid were gained 

from astrometric observations. These values are summarized in Table 1. The mission was designed 

such that, in addition to improving the accuracy of these values, properties such as the spin type, 

gravitational field, and elemental composition can be determined, among others. The 

characterization techniques and instruments are summarized in the Science and Robotics section. 

In order to meet these objectives, a mission was designed that employs a small-sat orbiter and a 

combined lander/impactor vehicle of similar size. With two major vehicles, the orbiter serves as 

the “mother-ship” for communication with Earth and its instruments are utilized to determine 
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optimal locations for the impactor to hit and for the lander to perform its scientific characterization. 

The architecture and vehicle designs are discussed in greater detail in the subsequent sections. The 

proposed mission was named Minerva after the Roman goddess of wisdom and strategic warfare, 

and the sponsor of arts, trade, and strategy. She is often portrayed with a spear (in the mission 

represented by the lander and the impactor) and a shield (the orbiter, relaying data back and staying 

in a more "defensive" position). The goddess was known to have no husband and no children, 

similarly to how asteroid (469219) 2016 HO3, being a quasi-moon of Earth, is an “independent 

body” that essentially orbits no planet. 

To ensure a successful mission, both a risk and mitigation analysis and a cost assessment were 

performed. These show that, not only are the objectives described in the RFP met, but also that the 

mission can be completed with minimal cost and minimal risk of failure. 

Table 1. Asteroid (469219) 2016 HO3 Estimated Specifications. 

Specification Value 

Dimensions 100 m x 50 m x 40 m 

Density 2 g/cm3 

Spin Period 27 min 

Spectral Type S or Q 

 

Mission Objectives 

Minerva’s primary mission objective is to collect valuable information on the properties and 

composition, as well as take high resolution images, of Asteroid (269219) 2016 HO3 for use in 

determining the danger it may pose to Earth, monetary value of the materials it is comprised of, 

and provide mission designers with information necessary for planning future missions to this or 

other asteroids. The mission objectives can be found summarized in Table 2. The primary 

objectives are those requested by the RFP, while the secondary objectives have been identified by 

the team in order to obtain additional valuable scientific data during Minerva’s operations phase.  

Table 2. Minerva’s mission Objectives.  

Objective 

Number 

Description Requested in 

RFP (Y/N) 

1 Measure mass to an accuracy of 10% Y 

2 Measure volume to an accuracy of 10% across a decameter 

resolution 

Y 

3 Develop global shape model to 5 m accuracy Y 

4 Map lit surface at 1 m2 resolution Y 
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5 Map at least one 10 m2 regions at 1 cm2 resolution Y 

6 Characterize the strength of the asteroid surface at one site Y 

7 Measure spectral properties of surface at a few decameter 

resolution 

Y 

8 Measure thermal properties of the asteroid N 

9 Determine the composition of the asteroid N 

10 Determine the coefficients of the gravitational field N 

11 Determine the moments of inertia and spin state N 

12 Determine the dielectric properties of the asteroid’s material N 

13 Determine the space environment near the surface of the 

asteroid. 

N 

MISSION ARCHITECTURE 

Minerva will deliver an orbiter, a lander, and an impactor to the asteroid for a duration of 

approximately two years. The mission is divided into two main segments: launch and delivery of 

the orbiter to a low-altitude orbit around the asteroid, and launch and delivery of the lander and 

impactor to the surface of the asteroid. The first launch takes place on 23 January 2026 using an 

Atlas V, which will deliver the orbiter into an escape orbit with respect to the Earth. Then, the 

orbiter will use its onboard propulsion system and arrive at the asteroid after 1237 days, on 13 June 

2029, when it will be inserted into a roughly 1 km altitude orbit. The orbiter will then begin its 

science mission, including analyzing and characterizing the asteroid surface for a suitable landing 

location for the future arrival of both the lander and impactor.  
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Figure 1. Minerva’s Concept of Operations.  

On 29 January 2027, the second launch will occur using an Atlas V which will deliver the lander 

and impactor into a similar escape orbit as that of the previous launch. Then, the onboard propulsion 

system of the lander and impactor spacecraft will guide the vehicles to a parking orbit around the 

asteroid. This transfer maneuver will take approximately 1241 days. Upon arrival at the asteroid, 

on 23 June 2030, the lander and impactor will orbit the asteroid. Once the appropriate descent 

window opens, the impactor will be dropped by the lander and it will hit the asteroid surface. At a 

later time, the lander will descend to a nearby location where the impactor hit, and will perform a 

soft landing. The lander will then begin its science mission including surface sample analysis. 

Figure 1 shows a simplified diagram of Minerva’s main phases, including communication links 

between vehicles and with the ground stations on Earth. Additional details regarding the vehicle 

subsystems and scientific operations conducted by the spacecraft are given in the following 

sections.  

Launch from Earth 

In order to determine the most suitable launch vehicles for Minerva while staying within the 

provided ground rules, various launch vehicle options were explored. Launch vehicles that were 

considered for this mission include Atlas V, Delta II, Delta IV / IV Heavy, and Falcon 9. These are 

all launch vehicles with rideshare capabilities, i.e. capable of having secondary payloads. In fact, 

given the mass restrictions imposed by the ground rules, utilizing a launch vehicle alone for 

Minerva would result in a much larger mission cost than sharing a ride as a secondary payload on 

a larger launch vehicle. Figure 2 shows the rideshare capabilities of ULA launch vehicles [1]. Thus, 

in order to satisfy the mission requirements and keep launch costs as low as possible, the launch 

vehicle selected for both launches is the Atlas V.  
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Figure 2. Rideshare capabilities of ULA launch vehicles [1]. 

Transfer to Asteroid 2016 HO3 

    The transfer from Earth to Asteroid 2016 HO3 can be treated as a continuous low thrust 

optimization problem. At a specific launch date, the spacecraft will detach from an Earth parking 

orbit and enter the interplanetary transfer phase, and finally reach Asteroid 2016 HO3’s sphere of 

influence after the transfer is complete. In this problem, the launch date and time of flight is chosen 

in advance based on an impulsive transfer approximation. Ephemerides of Earth and Asteroid 2016 

HO3 were sourced from NASA’s JPL Horizon once launch date and time of flight were selected. 

After fixing the launch date and time of flight, a trajectory optimization problem is introduced. The 

optimization problem can be described as below: 

  𝑓𝑖𝑛𝑑: 𝑢 

  𝑡𝑜 𝑚𝑖𝑛𝑖𝑚𝑖𝑧𝑒: 𝐽(𝑥, 𝑢) 

  𝑠𝑢𝑏𝑗𝑒𝑐𝑡 𝑡𝑜: �̇� = 𝑓′(𝑥, 𝑢) 

         𝑥(0)  =  𝑥𝑜 , 𝑥(𝑡𝑓) = 𝑥𝑓 

𝑥 =  [𝑥, 𝑦, 𝑧, 𝑣𝑥, 𝑣𝑦, 𝑣𝑧] is the state vector of the spacecraft, while 𝑢 = [𝛼, 𝛽] is the control vector, 

and 𝛼 & 𝛽 are the thrust direction angles in the spacecraft body frame. The performance function 

is calculated by measuring the final distance between the spacecraft and Asteroid 2016 HO3, 

therefore a global minimum of the performance function will correspond to the optimal solution. 

The dynamic system model is a three-dimensional low-thrust transfer model [2]. The thrust force 

is considered to be constant and thrust direction angle is considered to be an optimized parameter.  

     In order to find an optimal solution for the trajectory design, a Particle Swarm Optimization 

(PSO) algorithm was introduced to solve this problem. PSO is a heuristic algorithm which can find 
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a local optimal solution based on a performance function. It simulates the behavior of a swarm of 

birds pursuing food. Its basic procedure can be briefly summarized as follows [3]: 

PSO Algorithm Procedure: 

1.Initiate a group of random particle, record their visited location 

2.Iteratively, 

 2.1 Calculate each particle’s performance function value, find the best 

location ever visited by the entire swarm (GBest) and best location ever visited 

by a single particle (PBest) 

 2.2 Update particle’s velocity and position based on GBest and PBest. 

 2.3 Move to next iteration 

3. Find the best solution derived from PSO. 

 

 

In this problem, the free parameters initiated randomly are six co-state variables associated with a 

thrust angle 𝑃 = [𝐿𝑥, 𝐿𝑦, 𝐿𝑧, 𝐿𝑣𝑥
, 𝐿𝑣𝑦

, 𝐿𝑣𝑧
]. Later on, the launch date and time-of-flight are also 

introduced for minor tweaks. A population of 50 particles and 200 iterations was chosen in order 

to find an optimal solution.  

    For a low-thrust trajectory problem, an optimal route for the orbiter was found corresponding to 

a launch date at 2026-Jan-23 and arrival at 2029-June-13. The launching date selection is based on 

both the optimizer result and the pre-launch time span for manufacture and assembly components.   

 

Figure 3. Orbiter Heliocentric transfer      

The Lander is scheduled to launch at least one year after launching the orbiter. Considering the 

synodic period, the trajectory is similar, which gives them similar fuel consumption and 
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propulsion requirement. Therefore, 2027-Jan-29 is chosen as the launch date of the lander, and 

will arrive at asteroid on 2030-Jun-23. 

Orbit about Asteroid 469219 2016 HO3 

Initially, periodic orbits about equilibrium points were investigated for orbiting the asteroid. 

However, it was found that, instead of the usual four equilibrium points, Asteroid 469219 only has 

two points since the combination of the asteroid mass and spin rate cause any object near the poles 

of the spin axis to quickly depart from the area. Unfortunately, the two remaining equilibrium points 

were found to be unstable and unable to sustain a periodic orbit [4] [5]. 

The next approach attempted for orbiting the asteroid was a frozen orbit in the solar terminator 

plane. However, given that the rotation axis and type of the asteroid is unknown and that the 

linearized equations used to solve for the frozen orbit dynamics are highly sensitive to the 

gravitational field, the decision was made to solve for the orbit using relative motion dynamics [6]. 

The nonlinear two-body equations for relative motion between two satellites orbiting a primary 

body are given as, 

�̈�  =  2 �̇��̇�  +  �̈�𝑦 + �̇�2𝑥 −
𝜇(𝑟0+𝑥)

[(𝑟0+𝑥)2+𝑦2+𝑧2](3/2)  +
𝜇

𝑟0
2  + 𝑅𝑥  

�̈�  =  −2�̇��̇� − �̈�𝑥 + �̇�2𝑥 −
𝜇𝑦

[(𝑟0+𝑥)2+𝑦2+𝑧2](3/2) + 𝑅𝑦  

�̈�  =  −
𝜇𝑧

[(𝑟0 + 𝑥)2 + 𝑦2 + 𝑧2](3/2)
+ 𝑅𝑧 

�̈�0 = 𝑟0�̇�2 −
𝜇

𝑟0
2

+ 𝑅𝑟  

�̈� =  − 
2𝑟0̇�̇�

𝑟0
 + 𝑅𝜃 

where 𝜌 = [ 𝑥 𝑦 𝑧]𝑇is the relative position in the rotating Hill’s frame of the secondary or “deputy” 

satellite from the primary or “chief” satellite, which is located at the origin of the Hill’s frame.   

Further assumptions are that the chief satellite is in a circular orbit about the primary body, which 

simplifies these nonlinear equations by the relationship �̇� =  𝑛 where 𝑛 = √𝜇 / 𝑎 is the mean 

motion of the circular orbit, and that 𝑟0 >>  𝑥.  The linearized equations for relative motion, known 

as the Hill-Clohessy-Wiltshire equations (HCW) [7], are defined as 

�̈�  =  2 𝑛�̇�  + 3𝑛2𝑥 + 𝑅𝑥  

�̈�  =  −2𝑛�̇� + 𝑅𝑦  

�̈�  =  −𝑛2𝑧 + 𝑅𝑧 

Stable relative motion trajectories between two satellites in the Hill’s relative motion frame, 

referred to in the literature as general circular orbits (GCO) [8], are defined by the condition 

�̇�0 =  −2𝑛𝑥0. 

These stable trajectories can then be defined such that the deputy is always a constant distance from 

the chief if the following conditions are met: 
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𝑡𝑎𝑛−1(
𝑛𝑥0

�̇�0
) = 𝑡𝑎𝑛−1(

𝑛𝑧0

𝑧0̇
)  

√�̇�0
2+𝑥0

2𝑛2

𝑛
=

√3√�̇�0
2+𝑧0

2𝑛2

𝑛
. 

These circular orbits in the relative frame are called project circular orbits (PCO).  While the PCO 

exist only under strict conditions, they can be used as a reference orbit for the Minerva Orbiter to 

use in its control law. In order to treat Asteroid 469219 as a “chief” satellite and the Minerva Orbiter 

as the “deputy,” a number of perturbation effects: 𝑅𝑥,  𝑅𝑦, and 𝑅𝑧 need to be addressed. 

The primary perturbations from the linearized HCW considered for a station keeping control 

law are: the ellipticity of Asteroid 469219’s orbit around the sun, the gravitational pull of the 

asteroid on the orbiter, and the solar radiation pressure. There exist expansions of the analytical 

solution to the HCW equations for orbits with eccentricities within the range of 0 ≤ 𝑒 ≤ 0.3, 

however, these state transition matrices are functions of time and the time since periapsis passage  

[9]. Since including these expansions into the controller dynamic equations would make them non-

autonomous, they are not included in the controller design, but are included in the closed-loop 

feedback simulation. The solar radiation pressure (SRP) is modeled as a simple flat plate with a 

reflectivity coefficient of 1.2 . The method of calculating the acceleration produced by SRP is the 

same as that given in [6] , where the magnitude disturbing SRP acceleration is given by: 

𝑔 =
𝐶𝐺1

𝐵𝑑2, 

where 𝐶is the reflectivity coefficient, 𝐺1  ≈ 1 × 108  𝑘𝑔 ∗  𝑘𝑚3/ ( 𝑠2  ∗  𝑚2) is the solar constant, 

𝐵is the mass to area ratio in 𝑘𝑔/𝑚2, and 𝑑 is the distance of the asteroid from the sun in km.  For 

reasons of coverage, a PCO of radius 2km was chosen.  At this distance, gravitational harmonics 

affected by the rotation of the asteroid are far lesser than those of the general two-body gravitation 

of the asteroid.  For these reasons, combined with the reference PCO having a constant radius, �̄�, 

from the asteroid, the gravitational harmonics are ignored for the controller model.  The full 

controller model with SRP and asteroid gravitational perturbations are: 

�̈�  =  2 𝑛�̇�  + (3𝑛2 − 𝑛𝐴
2)𝑥 + 𝑔  

�̈�  =  −2𝑛�̇�  − 𝑛𝐴
2𝑦  

�̈�  =  −(𝑛2 + 𝑛𝐴
2)𝑧 

where 𝑛𝐴 = 𝜇𝐴/�̄�3. 

 A closed-loop model-predictive controller (MPC) is used with the discretized equations 

of the controller model. The MPC control problem is defined such that  

𝑚𝑖𝑛𝑈       𝐽 = 𝑥𝑁
𝑇𝑃𝑥𝑁  +

1

2
∑𝑁−1

𝑘=0 (𝑒𝑘
𝑇𝑄 𝑒𝑘 + 𝑢𝑘

𝑇𝑅 𝑢𝑘 ) 

s.t.                                         𝑥𝑘+1 = 𝐴𝑥𝑘 + 𝐵𝑢𝑘 + 𝐷𝑔𝑘 

                          𝐴𝑖𝑛𝑒𝑞𝑈 ≤ 𝑏 

where 𝑈 is a vector of control vector of 𝑁 − 1𝛥𝑉at constant intervals in time 𝛥𝑡.  The error 

vector 𝐸is the error between the position of the deputy relative to the chief and the reference 

PCO.  The weighting matrices 𝑄and 𝑅are used to weight the position error and control effort 
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respectively.  The 𝑃weighting matrix on the final state is obtained from solving the discrete 

Riccati equation.  This problem can be reformulated such that the MPC problem becomes: 

𝑚𝑖𝑛𝑈       
1

2
𝑈𝑇�̃�𝑈 + 𝜂𝑇𝐹𝑈 

s.t.              𝐴𝐼𝑈 ≤ 𝑏 

A definition for the construction of the �̃�and 𝐹matrices along with the 𝜂vector can be found in 

Reference [10]. This parametric optimization problem with inequality constraints on the control 

expenditure can be reformulated to be [11]: 

𝑚𝑖𝑛𝑍       
1

2
𝑍𝑇�̃�𝑍 

s.t.              𝐴𝐼𝑍 ≤ 𝑏 + 𝐴𝐼�̃�−1𝐹𝑇𝜂 

where 

𝑍 = 𝑈 + �̃�−1𝐹𝑇𝜂 

There exists a solution for this system given the active set of inequality constraints such that 

𝑍∗ = �̃�−1𝐴𝐼
𝑇(𝐴𝐼�̃�−1𝐴𝐼

𝑇)−1(𝑏 + 𝐴𝐼�̃�−1𝐹𝑇𝜂) 

𝑈∗ = 𝑍∗ − �̃�−1𝐹𝑇𝜂 

A simulation using this MPC controller demonstrates the concept with the perturbations mentioned 

taken into account.  The controller 𝛥𝑡 = 1day is used along with a cold-gas thruster with 𝐼𝑠𝑝 =

24.2seconds.  

 

Figure  4. MPC two year control simulation. 
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The simulation shown in Figure 4 uses approximately 5.6 m/s of 𝛥𝑉over two years to follow the 

reference PCO.  The position of the orbiter with respect to the center of the asteroid can be seen 

in Figure 5. 

 

Figure 5. Position of Orbiter with respect to 2016 MO3 center of mass. 

 

Landing on Asteroid 2016 HO3 

The orbiter will make observations of Asteroid 2016 HO3 for close to a year, gathering 

information crucial to determining a suitable landing site. The orbiter will search for a site that is 

favorable in terrain layout, allows for moderate Sun exposure, and provides opportunities for 

frequent access to a communications link with the orbiter itself. In addition, another factor that 

could affect where the landing site may be chosen is scientific value of a specific site. An initial 

survey of the asteroid’s surface may indicate that there is a location in particular that may yield a 

large scientific benefit. The landing site in particular should contain a fairly large area to allow for 

variability in the descent. The area itself should be relatively flat if possible and free of blockages 

in the line of sight to the orbiter. In the event that the orbiter’s survey should reveal harsh terrain 

conditions with no clear landing site, the location where the impactor collides with the asteroid 

could serve as a potential landing site.  

The lander will arrive to the asteroid approximately one year after the orbiter has entered its 

orbit around the asteroid. The lander will apply thrust from its engines to insert itself into the same 

orbit as the orbiter except phased behind to allow for a separation distance to be maintained between 

the vehicles. The lander and orbiter will orient themselves in such a way that they will both focus 

on a common target point on the surface of the asteroid that will be used as the impactor target. The 

impactor will then be ejected from the lander vehicle with use of a spring-loaded mechanism that 

also provides spin stabilization for the impactor. The impactor will travel on a trajectory towards 

the target point. A small battery onboard of the impactor will provide power to a detonation system. 
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The detonation system will initiate approximately 40 minutes after release from the lander vehicle. 

A timer based detonation system will queue a charge that is made of HMX explosives. The charge 

is designed to accelerate the impactor metal liner to around 2 kilometers per second in order to 

cause release of ejected particles from the surface of the asteroid. The orbiter vehicle will capture 

footage of the impact via onboard cameras for later analysis. The analysis of the impact will aid in 

determining the strength and composition of the surface material. The low gravity field of the 

asteroid will allow much of the surface material to escape from free fall back to the surface. In 

order to mitigate risk of particles interfering with either the lander or orbiter, the two will continue 

in their nominal orbits and will stay ahead of the impact site while the impactor collision occurs 

on. 

Once the impactor has successfully hit the surface, the lander vehicle can start its next operation. 

The lander will descend in a timeline of approximately 8 hours and touch down onto the surface of 

the asteroid by means of a combination of systems. A harpoon system will be included in 

combination with a cold-gas thruster system consisting of three separate harpoons held within the 

landing gear legs. The cold-gas thruster system will allow the lander to initiate its descent towards 

the surface from the initial orbit about the asteroid. The cold-gas thrusting system will then provide 

intermittent thrusting along the ballistic trajectory to the surface to further slow the descent. Along 

the descent, the first instrument onboard of the lander vehicle will be operated. A set of cameras 

known composing the Rosetta Lander Imaging System (ROLIS) will be used to gather imagery of 

the asteroid from a close-up perspective as the lander descends towards the surface. Once the 

landing gear senses initial contact with the surface of the asteroid, the harpoon system will initiate 

and three pressurized harpoons originating from the legs of the lander will release and insert 

themselves into the surface of the asteroid to anchor the vehicle. While the harpoon system is 

deploying a special phase of thrusting will also be conducted in order to continually push the vehicle 

downward toward the surface of the asteroid acting to hold it in place. The lander will begin to run 

through checks for health once it has stabilized on the surface from its descent. Upon successful 

check status, the science operations can begin to be conducted. 

MISSION ANALYSIS 

The chosen architecture for Minerva provides ideal opportunities for meeting the high-aiming 

objectives in the request. A primary objective of the orbiter is to map the surface, which is achieved 

using an online camera modeled after the Hayabusa mission. Given the characteristics of the chosen 

camera (discussed in detail in the Science and Robotics section), the mean altitude of the relative 

motion orbit was chosen to be 2000 meters, which provides total coverage over the course of one 

year as seen in Figure 6. Assuming that the camera is always pointed directly down towards the 

surface, even the least mapped sections are visible for nearly one month. This analysis was done 

without considering the rotation of the asteroid, so no matter the rotation type or axis the time 

required for total coverage can only decrease while the coverage for the least mapped regions can 

only increase. 
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Figure 6. Total coverage over the course of 1 year. 

     The altitude required to meet the coverage requirements can then be used to determine the 

resulting resolution of the mapping effort. The plot in Figure 7 presenting the resolution as a 

function of orbital altitude shows that, at an altitude of 2000 meters, the resolution of the mapping 

images will be about 0.416 m2, well below the 1 m2 resolution requirement.  

 

Figure 7. Image resolution as a function of orbital altitude. 
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SYSTEMS ENGINEERING 

All mass, power, and volume requirements, as well as costs, are assigned margins based on 

Technology Readiness Level (TRL) and specifications. Finally, a system-wide margin of 5% is 

added [12][13]. Design decisions are made in accordance to trade studies and subsystem 

requirements. The former are presented throughout the following sections of the report, while the 

latter can be traced to Top Level (TL) requirements and competition Ground Rules (GR), which 

are given in Tables A.1.3 and A.1.4 in Appendix Ground Rules and Top Level Requirements. This 

allows for a complete assessment of the overall infrastructure, ensures fulfillment of the mission, 

and avoids over-design [13][14]. Based on derived requirements and NASA standards [13][14], a 

risk analysis, found in the Appendix, has been performed to ensure failure modes have been 

mitigated.  

Orbiter 

Table A.2.1 shows the components the orbiter is comprised of as well as each item’s mass, 

volume, power consumption, and cost. Margins are also listed for each component and a system-

wide margin of 5% was applied to the final reported values. At launch, the orbiter has a total mass 

of 134.6 kg and a total volume of 1.145 m3 which allows it to stay within the competition bounds 

(launch mass < 140 kg) and to fit (mass and volume-wise) in the prescribed launch vehicle (Atlas 

V) as a secondary payload. A summary of all of the orbiter’s components including their mass, 

volume, power consumption, TRL, and cost is available in Table A 1.5 in Appendix: Equipment 

List.  

 

Figure 8. Image of the orbiter 

Lander 

Table A 2.2 shows the components the lander is comprised of as well as each item’s mass, 

volume, power consumption, and cost. Margins are also listed for each component and a system-

wide margin of 5% was applied to the final reported values. At launch, the lander has a total mass 

of 130.1 kg and a total volume of 1.221 m3 which allows it to stay within the competition bounds 

(launch mass < 140 kg) and to fit (mass and volume-wise) in the prescribed launch vehicle (Atlas 
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V) as a secondary payload. A summary of all of the lander’s components including their mass, 

volume, power consumption, TRL, and cost is available in Table A 2.2 in Appendix: Equipment 

List.  

 

Figure 9. Image of the lander 

PROPULSION 

The propulsion system proposed for the mission is based off of a previously space-proven 

system. To realize the mission with the lowest cost requirements, the major leg of the spacecraft 

journey will be using a xenon-fueled ion propulsion system. There is a set of cold gas thrusters 

available as well for course correction or as a reaction control system. These are discussed in more 

detail as follows. 

Orbiter 

The propulsion system applied in the orbiter is I-COUPS, an Ion Thruster and Cold-Gas 

Thruster Unified Propulsion System that was used on the PROCYON mission. The system uses an 

integrated architecture - a unified gas tank to store both cold gas and Ion Thruster propellant. This 

design approach reduces the weight of the system to a mass of 9.33kg, including 1.84 kg of Xenon 

propellant in a 2-liter High-Pressure Gas Tank. 

I-COUPS consist of the following main components: an Ion Thruster Unit (ITU), a Cold Gas 

Thruster Unit (CTU), a Power Processing Unit (PPU), a Gas Management Unit (GMU) and an I-

COUPS Control Unit (ICU). For the whole mission, three types of propulsion are required:  reaction 

control done by cold gas thrusters, ΔV accumulation through extended operation of the ion thruster, 

and trajectory correction maneuvers for flyby targeting by short operation of the cold gas system. 
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Figure 10. I-COUPS.  

The Gas Management Unit controls the flow of propellant into the individual propulsion 

systems at each appropriate pressure and mass flow rates. Its tank has an aluminum alloy capable 

of tolerating pressures of up to 19.6 MPa. The Xenon propellant released from tank, regulated by 

a pre-fixed mechanical pressure regulator, is then lead to different gas lines associated with ITU 

and CTU.  

The Cold Gas Thruster Unit consists of cold gas lines that lead to the eight cold gas thrusters, 

which provide three-axis control of the spacecraft. Those Cold Gas Thruster, each weighing under 

25 grams, provide a 30 millinewtons force with a mass flow rate of 90 mg/sec. They operate at a 

low specific impulse of 24.2 seconds.  

The Ion Thruster Unit consists of an ion source, a newtralizer, a thruster valve, a gas distributor, 

a gas isolator, DC blocks, and an ion accelerator. Unlike PROCYON, the satellite in this mission 

is about 3 times heavier than PROCYON. Therefore, a nominal thrust of 0.75 millinewtons at a 

specific impulse of 1,000 seconds was used for the thruster. It operates by releasing small amounts 

of Xenon atoms that are then ionized using the ECR, thus preventing the spacecraft from gaining 

an excessive electrical charge that could damage components. 

The I-COUPs propulsion system also includes its own Power Processing Unit to deliver power 

to the different system. The ion thruster requires high-voltage power for the ion accelerator, a 

microwave power source, and power for the neutralizer. Therefore, the Screen Power Supply, the 

Accelerator Power Supply, and the Neutralizer Power Supply are introduced for different purposes.  

All power supplies, regulators, valves, and sensors of the I-COUPS system are controlled by the 

Control Unit that interfaces with the onboard computer. The ICU receives all sensor outputs in 

analog form and converts them to a digital signal before delivering to onboard computer. Then the 

onboard computer will process the data and send appropriate commands to actuate the system as 

needed. 
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Lander 

Since the lander system is designed to make the same journey as the orbiter, the attitude control 

system and the propulsion system is closely based on that used in the orbiter to reduce development 

costs and resources. Using the previously space-proven system provides the required reliability 

estimates and ensures that the major focus remains on developing strategies to reduce risk by 

incorporating reliable redundant systems. The system is comprised of the ion propulsion-cold gas 

thruster combined system. 

The propulsion system will be responsible for moving the lander away from the separation point 

of the impactor to protect it from impacts from the ejected material from the asteroid. Additionally, 

the cold gas reaction control system is used on the lander system to allow for an acceptable 

approach velocity during the landing phase of the mission. To minimize the risk of bouncing off 

the surface, the landing sequence is carefully controlled ensuring a low velocity approach. The 

reaction force from the landing impact will be dampened by the use of springs and thrusters. Once 

the spacecraft comes in contact with surface of the asteroid, the harpoon system will be engaged in 

conjunction with the cold gas thrusters to compensate for reaction forces. 

ATTITUDE AND ORBIT CONTROL SYSTEM 

The attitude control subsystem utilizes active means to achieve spacecraft orientation.  Passive 

control such as gravity-gradient and magnetics are not viable due to the asteroid’s distance from 

the Earth. As a result, a system of cold gas thrusters and reaction wheels were chosen.  These 

devices don’t rely on proximity to Earth as passive control systems do and are also suitable in 

providing corrective maneuvers from the main sources of perturbation. Since these systems have 

been space proven on numerous previous mission and are now considered an industry standard, it 

was decided to select a similar setup for the mission under consideration. The complete architecture 

of the AOCS is discussed in detail in the following sections.  

Orbiter 

This subsystem was designed to be as light as possible to meet the mass constraint while still 

providing functionality.  Several options were explored but ultimately it was decided to model the 

subsystem after the small satellite PROCYON which was launched together with Hayabusa 2 in 

2014.  This small spacecraft has an innovative system wherein propulsion and attitude control are 

coupled together.  Both the ion and cold gas thrusters share a unified architecture using the same 

fuel tank (I-COUPS).  The entirety of this system has a mass of roughly 9.5 kg including about 2 

kg of propellant mass [15].  The propellant utilizes xenon gas and is regulated by the gas 

management unit (GMU).  Not included in the aforementioned mass is the mass for each individual 

thruster of which there are eight used for this mission.  Each of the eight cold gas thruster units 

(CTU) are controlled by cold gas valves which are located upstream of each thruster (Figure 11). 
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Figure 11:  Configuration of CTU and valves. [15] 

 As shown in Table 3, both the nominal thrust and the specific impulse are very low.  For the 

purposes of this mission, the total ΔV budget around the asteroid is roughly 10 m/s.  These cold 

gas thrusters, as used in the PROCYON mission, are capable of performing the function needed 

maneuvering around the asteroid.  Using the rocket equation and the thruster specifications, the 

mass of propellant needed is less than 1 kg.  However, about 1 kg of mass was included to allow 

for some factor of safety and margins of error.   

 

Table 3.  Cold gas thruster parameters. [15] 

Quantity Thrust (mN) Specific Impulse (s) Mass per thruster 

(g) 

8 20 24.2 25 

 

This spacecraft’s attitude determination sensors include one star tracker, one optical gyro, and 

one Sun tracker.  The roles of the star and Sun trackers are to track the Sun and known stars 

respectively.  The optical gyro’s purpose is to provide precise measurements of the angular velocity 

and acceleration of the spacecraft.  See the appendix equipment list for mass and power budget of 

sensors. 

   

Attitude control is also maintained by the reaction wheels; three for each axis and one for 

redundancy.  The reaction wheels act as torque motors and use their inertia to counteract torques 

within the spacecraft.  The mass and power budgets of the reaction wheels are shown in the 

Appendix Equipment List.  A comparable reaction wheel was found as the one used in PROCYON 

did not have the mass and power information available.  [16]. 
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Lander 

The AOCS system on the lander is comprised of the standard attitude determination package 

which includes the same set of star trackers for orientation, optic gyro for rotation rates, reaction 

wheels, Sun trackers to orient the solar panels. Alongside this is a cold gas thruster based reaction 

control system is available as a part of the propulsion system. Apart from managing the orientation 

while enroute to the asteroid, the AOCS system will be responsible for orienting the lander for 

impactor release and initiating the landing sequence.  

A system of retro-thrusters are included on the lander which are responsible for damping out 

reaction forces caused due to impactor release, asteroid surface contact forces and also for engaging 

the anchoring system to ensure the lander doesn’t bounce off the surface of the asteroid. During the 

impactor release phase, the identified impact location will determine the desired attitude of the 

lander to ensure accurate targeting.  

During the landing phase, the asteroid surface needs to be in view of the lander to ensure safe 

approach orientation. Due to the small gravity of the asteroid, approach velocity will determine the 

risk of bouncing off the surface of the asteroid. To mitigate that risk, the AOCS will continue to 

correct the lander approach velocity to remain within on pre-determined ranges as obtained from 

simulations. Finally, upon initial contact of the landing gear with the asteroid surface, the harpoon 

system will be automatically engaged [17]. The reaction forces due to the harpoon ejection will be 

compensated by employing the retro-thrusters to ensure that the lander doesn't bounce off the 

surface of the asteroid. 

COMMUNICATIONS 

Maintaining communication throughout the mission allows for the transfer of important 

scientific information gathered from the lander and the orbiter to Earth. Since distance between 

Earth and the asteroid is greater than 0.0345 AU, the Deep Space Network (DSN) has to be chosen 

for the main channel for the communication of the mission. Ground stations located on US, 

Australia, and Spain can cover data transmitted from any direction at all time. 

In order to transmit science data collected from lander to Earth, it is necessary to use the orbiter 

as a relay station. Having a relay satellite around the asteroid reduces the power requirement on the 

lander, which is highly restricted, as well as signal disruption from the Sun. Also, it can reduce the 

delay of communication while the lander is not pointing toward the Earth. 

Orbiter 

The orbiter is equipped with both high gain antenna (HGA) for the larger data communication 

and low gain antenna (LGA) for telemetry, tracking, and command (TTC) and lander 

communication. By using DSN, HGA in Ka-band may transfer data up to 8 Mbps while LGA in S-

band can send TTC which is ~16 kbps. [18] S-band antenna is also used to communicate with the 

lander to receive data to be sent to Earth [19][20]. 

Lander 

Communication between the orbiter and the lander will be done in bidirectional S-band antenna 

which was used in other missions previously. The low gain antenna on the lander can transmit data 

rate of 160 kbps to the orbiter [20][22]. The bidirectional antenna allows broader range of 
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communication with the orbiter. Also, during the traveling phase, same S-band antenna is possible 

to transmit TTC data to Earth using raised power. 

COMMAND AND DATA HANDLING 

Command and data handling (C&DH) requires on-board radiation hardened computers for each 

spacecraft. Based upon an assumed amount of handled data, the lander requires more computational 

power than the orbiter. Choice of computer units are the BAE RAD750 6U CompactPCI single-

board computer for the orbiter and the RAD5545 SpaceVPX single-board computer for the lander. 

Each computer has processing power of up to 132 MHz with 6 cores and 466 MHz with 4 cores 

[23] [24] [25]. 

SCIENCE AND ROBOTICS 

The primary objective of the mission is to measure, map, and characterize the asteroid. Though 

all subsystems are integral to this effort, the scientific instruments on-board both spacecraft provide 

the data necessary for the completion of these objectives. 

Orbiter Instruments 

The orbiter instruments are modeled after the Hayabusa missions and the Rosetta mission. 

Taken from the Hayabusa missions are the Asteroid Multi-band Imaging Camera (AMICA), the 

Thermal Infrared Imager (TIR), the Near Infrared Imager (NIRS-3), and the LIDAR while the 

Radio Science Investigator (RSI) and CONSERT Companion are taken from the Rosetta orbiter. 

The specifications of these instruments can be found in the equipment list in the Appendix. 

The Asteroid Multi-band Imaging Camera is used for optical navigation and to collect scientific 

images. With a field-of-view of 5.7 degrees and a resolution of 1024 by 1000 pixels, AMICA is 

capable of easily meeting the objective of mapping the entire surface to a 1 m2 resolution (Objective 

4). An orbiting mission period of two-years will provide plenty of time for collection of these 

scientific images [26]. 

The Thermal Infrared Imager will deliver valuable information on the physical properties of the 

asteroid’s surface by monitoring regional variations of thermal inertia, thermal emissions, and 

temporal variations of surface temperature (Objective 8). TIR will be used to investigate the nature 

and the formation processes of the asteroid, the physical properties of boulders, and materials that 

are hidden inside craters. This data will be used to determine whether the asteroid consists of a 

rubble-pile or primordial structure. The most significant result from this is the ability to use the 

data collected from TIR to select a crash site for the impact and sampling site for the lander. [27] 

The Near Infrared Imager is used for the observation of any hydrated minerals that may be in 

the asteroid and can provide data for the estimation of the abundance of hydrated minerals with an 

accuracy of 1 weight-percent. In addition, once the impactor location is determined by the TIR, the 

NIRS-3 will be used to study the ejecta from the impact. Ideally, NIRS-3 will reveal the initial 

composition (Objective 9), aqueous alteration, thermal metamorphism and space weathering on the 

surface of the asteroid. [28] 

LIDAR, as found in many spacecraft missions, is used for navigation in proximity of the asteroid 

where laser pulses are reflected off the asteroid to determine its line-of-site distance from the 

spacecraft. Not only is this useful for navigation, but the LIDAR instrument is capable of providing 

topographical data of the surface to an accuracy of 1 meter, well below the objective to develop a 
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global shape model to a 5-meter accuracy (Objective 3). In addition, the LIDAR will record the 

integrated intensity of each pulse as well as the associated received energy which will yield accurate 

measurements of surface albedo including that of shadowed areas (Objective 7). In a Dust-Count 

Mode, LIDAR will detect the intensity of scattered light caused by dust in the vicinity of the 

asteroid. [29] 

The Radio Science Investigator takes advantage of the communications systems on-board both 

the orbiter and the lander. RSI will use the nondispersive frequency shifts and dispersive frequency 

shifts, the signal power and the polarization of the radio carrier waves to yield information on the 

motion of the spacecraft, the perturbing forces acting on the spacecraft and the propagation 

medium. This will result in a plethora of data, including the mass and bulk density of the asteroid, 

the coefficients of the gravitational field (Objective 10), moments of inertia and spin state 

(Objective 11), size and shape of the asteroid, internal structure, dielectric constant and roughness 

of the surface, as well as rotation, precession, and nutation rates. It can also provide data on the 

dust and debris environment surrounding the body. From these values, the objectives to measure 

the mass to an accuracy of 10% (Objective 1) and measure the volume to an accuracy of 10% across 

a decameter resolution (Objective 2) will be satisfied. [30] 

The CONSERT Companion is used together with its companion on the lander. The orbiter 

transmits a radio signal which passes through the asteroid to the component on the lander. The 

signal is received on the lander, where some data is extracted, and then immediately re-transmitted 

back to the orbiter, where the main experiment data collection occurs. The variations in phase and 

amplitude that occur as the radio waves pass through different parts of the cometary nucleus will 

be used to perform tomography of the nucleus and determine the dielectric properties of the 

asteroid’s material (Objective 12). [31] 

Impactor 

The impactor system proposed for the mission is based on the system used on the Hayabusa-2 

mission as the mission requirements for both the mission aligns well. Due to the small size of the 

asteroid and low velocity of operation around the asteroid, generating the required velocity of 

impact from just the approach velocity of the spacecraft is not feasible. Additionally, the mass 

limitations ensure that an actively controlled propulsion system is ruled out due to the potential 

complexity that it could add. To mitigate these issues, it was decided to base the impactor system 

on the one proposed and currently flying on Hayabusa-2 spacecraft. [32,33] 

The proposed system is a passive system without any guidance and navigation ability and is 

capable of achieving 2 km/s impact velocity owing to the explosive booster provided on-board. As 

the system is specifically designed for a small asteroid with same operational constraints as 

Minerva, we decided to use the same system for our mission. The impactor system comprises of a 

15-kg instrument assembly. It contains a disk impactor made of copper metal lining which will be 

deformed into a bullet shade with the help of a shape charge. The deformed liner will be responsible 

for creating a crater and release ejecta which can be viewed from the orbiter. [32] 

The explosive will be a timer based detonation. After separation of the impactor from the lander, 

it will initially descend towards the asteroid. After a pre-set timer runs out, the explosive will 

detonate. During the impactor descend phase, the lander will move away from the separation point 

to remove the possibility of being hit by the asteroid ejecta while the orbiter which is in a phased 

orbit ahead of the lander will keep constant view of the impactor and the target impact location to 

run spectral analysis of the ejecta. 
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Lander Instruments 

The lander instruments are chosen from the set of instruments that was used onboard of the 

Philae lander as part of the Rosetta mission. Taken from the Rosetta missions are the Alpha Particle 

X-ray Spectrometer (APXS), the Comet Infrared and Visible Analyzer (CIVA), the Comet Nucleus 

Sounding Experiment by Radiowave Transmission (CONSERT), the Cometary Sampling and 

Composition experiment (COSAC), the Multi-Purpose Sensor Package (MUPUS), the Rosetta 

Lander Imaging System (ROLIS), the Rosetta Lander Magnetometer and Plasma Monitor 

(ROMAP), the Sampling Drilling and Distribution unit (SD2), and the Surface Electric Sounding 

and Acoustic Monitoring Experiment (SESAME. The specifications of these instruments can be 

found in the equipment list in the Appendix. [34], [35] 

The APXS is an instrument capable of alpha spectroscopy (Rutherford backscattering) and x-

ray spectroscopy. Both methods of spectroscopy will be used in an effort to determine the elemental 

composition of the surface of the asteroid. The goal of including this experiment is to support 

Mission Objectives 7 and 9. [36] 

CIVA is a system of optical cameras. A portion of the system concentrates on a 360-degree 

panoramic view for the lander. Another portion of the system is focused on microscopic camera 

capabilities. This instrument also shares its main electronics system with ROLIS. The CIVA camera 

suite helps support Mission Objectives 4 and 5. [37] 

CONSERT is a two-part instrument that requires placement of one part on the orbiter. The other 

will be placed on the lander itself. The two components make up a radar system designed to give 

clues about the internal structure of the asteroid by relaying radio waves back and forth between 

the two instruments. CONSERT will help support Mission Objectives 2 and 3. [38], [39] 

COSAC is a suite of components and instruments necessary to perform Gas Chromatography 

on asteroid surface samples. This will return information about composition of surface material, as 

well as what type of compounds (organic or inorganic) can be found on the surface. COSAC 

contributes to support of Mission Objective 9. [40], [41] 

MUPUS is a system of sensors that measures surface temperature, surface hardness, and heat 

transfer properties of the asteroid. The instrument suite operates by incorporating a hammer and 

probe system. Samples are collected via the harpoon anchoring system as well. MUPUS supports 

Mission Objectives 6 and 8. [42] 

ROLIS is a camera system capable of performing imaging upon descent onto the surface of the 

asteroid. The camera system also has its own lighting to accommodate the possibility of uncertain 

lighting conditions upon descent. High resolution capability is possible and can provide mapping 

of the surface to satisfy a one square centimeter area over an area of ten square centimeters. It can 

begin to have access to this resolution at altitude of 46.21 meters above the surface of the asteroid 

and will increase in resolution as the vehicle descends to surface. The main camera also contains a 

close up lense that can become activated and is motorized to swing over the main lense upon 

altitude of 1.4 meters from objects in view (to improve focus). If descent can be carried out from a 

2.0-kilometer altitude orbit through a time period of 8 hours, the vehicle can sweep the required ten 

square meter area by varying the field of view of the camera as it descends to the surface. ROLIS 

will support Mission Objectives 4 and 5. [43] 

ROMAP is a two-part system which contains both a magnetometer and a set of plasma 

measuring sensors that can reveal information about the space environment on the surface of the 
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asteroid. ROMAP can operate its magnetometer for long periods of time (weeks) to gather 

measurements. The plasma monitor can measure the electron and ion distribution in a wide energy 

range. All of the electronics for this instrument are inside of the lander, whereas the sensors are 

outside on a boom structure. ROMAP contributes to efforts to achieve Mission Objective 13. [44] 

SD2 is an instrument designed to drill and collect surface samples at different surface depths 

and distributes them to the CIVA and COSAC instruments for analysis. The drill within SD2 can 

potentially bore samples up to 250 mm deep. The instrument feeds samples through a carousel to 

different instrument stations such as a spectrometer, a volume check plug, and ultimately ovens for 

high and medium temperature analysis as well as a cleaning station. This system will support 

Mission Objectives 4, 7, 8, and 9. [45] 

SESAME is a system that comprises the instruments Comet Acoustic Surface Sounding 

Experiment (CASSE), Dust Impact Monitor (DIM), and Permittivity Probe (PP). CASSE can probe 

the surface of the asteroid with acoustic waves in order to gain insight about the internal structure 

of the asteroid. CASSE will consist of soles that will sit between the surface of the asteroid and the 

legs of the spacecraft landing gear to transmit and receive waves as measurements. DIM will 

measure strength characteristics of asteroid surface particles left over from any kick up of surface 

material upon landing (or from the impactor debris should any settle back to the surface of the 

asteroid over time). Although no large amounts of water would be expected to be present on the 

asteroid, as in comparison to a comet, the PP instrument will give insight into the chemistry of the 

asteroid. This can further refine our understanding of what type of matter can be anticipated as 

resident on asteroids in outer space. Polar molecules in general or electrical conductivity and 

permittivity of surface particles will be measured by this instrument. The SESAME instrument 

suite will support Mission Objectives 2, 3, 6, 9, and 12. [46], [47] 

ELECTRICAL POWER SYSTEM 

Both the orbiter and lander had their power systems designed by reference to previous missions 

to small, heliocentric bodes.  Special attention to that used by the Rosetta mission was taken since 

the concept of two vehicles, a lander and an orbiter, was used. 

Orbiter  

Power systems on the orbiter were designed using that of the Rosetta and Hayabusa 2 missions 

as references, since the proposed mission includes sensors that were present in both [48].  The 

orbiter power subsystem will have five distinct operating modes: surveyor, impactor observation, 

lander observation, station-keeping, and heliocentric transfer mode.  Each stage will require its own 

power budget in order to save and conserve power to only the necessary subsystems and extend the 

lifespan of the vehicle to the full mission duration. 

The main power subsystems of the orbiter will be powered by a deployable 1.87 𝑚2 array of 

GaInP/GaAs/Ge hybrid solar panels [49].  Additional stored energy for the heliocentric transfer, 

station-keeping, and lander observation modes will be kept in two sets of rechargeable lithium ion 

batteries.  One set of lithium ion batteries are a backup power source for the I-COUPS ion 

propulsion system. The propulsion battery set will also be used once daily to perform small station-

keeping maneuvers with the cold gas-thruster subsystem of I-COUPS.   It will have the capacity to 

store up to 43 Wh of power for a maximum 262.8 hrs of charge.  The second set of batteries will 

be used to power the Rosetta RSI and CONCERT instruments.  It will have enough power stored 

for the eight hours required for the descent of the lander vehicle onto the surface of the asteroid. 
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The final two modes, the surveyor and impactor modes, will be the modes that the orbiter will 

spend the majority of its time in while orbiting the asteroid.  Both modes will be powered by the 

solar panel array. 

Lander 

The power system for the lander vehicle was taken from the Rosetta Mission because the 

scientific instruments are closely related, and the lander drives similar power needs. The power 

system will operate under four distinct phases. The phases in their sequential order are the cruise 

phase (Phase I), the landing and descent phase (Phase II), the major science phase (Phase III), and 

the long-term mission operations phase (Phase IV) will make up the lifespan of the lander vehicle.  

The first phase will consist of the cruise phase to the asteroid from the Earth, where the lander 

will rely on rechargeable backup lithium ion batteries. 28 individual batteries will be strung together 

into two unique sets (14 batteries each) in order to provide enough power for guidance and 

navigation systems, the communications system, and the thrusting system during approach to the 

target asteroid [48]. Solar panels with low-intensity low temperature silicon cells of approximately 

1 square meter area (per panel) will be placed on all sides of the lander to collect light from the sun 

during the cruise phase. The backup battery system will also provide power for long term mission 

operations phase on the surface of the asteroid, when long term science experiments are also 

conducted. During both the cruise phase and the long-term mission operations phase, systems 

requiring power will be operated one after the other, instead of simultaneously in order to save on 

power costs.  

The lander will contain main batteries that are reserved to be operational during the landing and 

descent phase onto the asteroid, as well as the major science phase of the mission. The main 

batteries will be a system of 4 sets of 8 lithium-thionyl chloride cells cells [48]. This system of 

batteries will be a non-rechargeable supply of energy guaranteeing power to the lander no matter 

what level of sunlight is available during the landing and descent phase or at the landing site. A 

summary of the details of the power system for the lander are presented in Table 4. At the end of 

Phase I, the power is assumed to degrade in each system by approximately 10% due to the length 

of the travel from Earth to the asteroid [48]. 

 

Table 4. Lander electrical power system components [48]. 

Electrical Power 

System 

Component: 

Quantity: Phase I Power 

Output (Wh): 

 

Phase II, III, IV Power 

Output (Wh): 

Solar Panels 4 330 300 

Main Batteries 32 1200 1000 

Backup Batteries 28 150 130 
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THERMAL CONTROL SYSTEM  

To ensure efficient and safe operation of both the orbiter and the lander, a thermal control system 

based on passive components is proposed. The system for both lander and orbiter are similar in 

design and are described together. 

Orbiter and Lander 

The proposed thermal system for the lander is based on passive systems to the extent possible 

thereby reducing power requirements and adding to the longevity of the surface science 

experiments. To survive the thermal fluctuations, electrical resistance heaters are the only powered 

components of the thermal system onboard the lander. On surface usage will depend on the 

estimated periods of eclipse and exposure of the solar radiation. In addition, exposed surfaces will 

be covered with MLI to reduce the heat absorption from direct sunlight [50, 51]. Surface coatings 

will be used to ensure the best possible absorption to emissivity ratio on the external surface. Due 

to the shorter mission life, the surface degradation will not be a major source of concern for the 

lander system. [51] 

Single phase radiator will ensure that sensitive components are maintained within the required 

temperature ranges. [50] These are be designed to remove the heat from batteries and other 

components and redistribute it throughout the lander system or be rejected through radiators. 

Heaters will be used according to the temperature requirements of the components. 

RISK ANALYSIS 

Risks related to all subsystems are rated according to the NASA risk management standard [14]. 

The resulting risk matrix is shown in Figure 12. Mitigation strategies are implemented according 

to the severity of the risk and it is possible to reduce the majority of critical risks to a Loss of 

Mission (LOM) in the worst case. The labels in the risk matrix refer to the numbering given to 

various risks and their respective mitigation strategies as listed below. Note that an inherent risk 

not shown in the matrix, but probably causing the mission to undergo major changes and cost 

increases is scheduling. This is due to a number of technologies that have to be developed and the 

required testing of critical technologies has to be considered. All of these developments need to be 

assessed critically and a rigorous timeline management needs to be implemented. 
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Figure 12. Risk matrix. Green, yellow and red stand for low, medium and high 

probability/consequence respectively. Rows = consequence; columns = probability. 

The numbering in Figure 12 is correlated to the list of risk and mitigation strategies detailed in 

the Appendix. Some of the highest risks and consequences are represented by the most critical 

maneuvers in the mission, such as the landing sequence (21, 28), launch vehicle failure (6), and 

communications or onboard computer failure (5, 16).    

CONCLUSION 

Asteroid (469219) 2016 HO3 was discovered just recently and has yet to be explored. Prior to 

Minerva, the only knowledge of the properties of the asteroid were gained from astrometric 

observations. A request for proposal was provided to university teams searching for mission design 

solutions to assist in the characterization of the asteroid and the assessment of its potential for 

future, more in-depth missions and possible resource utilization. Though only objectives to 

determine the mass, volume, shape model, scientific mapping, and surface characterization were 

requested, Minerva was designed such that properties such as the spin type, gravitational field, 

elemental composition, and more can be determined as well at minimal additional cost. The 

combination of two vehicles, an orbiter and a lander/impactor pair, allowed for all objectives to be 

satisfied in an innovative and cost-effective manner. If pursued further, such a mission would 

provide more than enough information about the asteroid to justify further, more in-depth missions, 

such as a potential sample return, and no further exploration would be required to determine the 

potential of the asteroid for resource utilization.  
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APPENDIX: COST 

This section provides an estimate of the cost for Minerva. Margins are employed to account for 

uncertainties in the design process. This can be due to insufficient data, low TRL, and to increase 

safety. Margins are applied according to [12] and [13] to individual elements based on the level of 

uncertainty and critically estimated by the designer, which is 5% in this case. 

In this section, the NASA instrument cost model (NICM) is used to estimate the total cost based 

on the mass and power usage of instrumental payload and the design life of the spacecraft. [52] 

[Table A.1.1] and [Table A.1.2] summarize the cost calculated using the NICM model as well as 

the Standard Error of Estimate (SEE) for both the orbiter and lander spacecraft. In this section, 5% 

margin is used as the Standard Error of Estimation for SEE cost evaluation. 

Table A 1.1. 

Orbiter 

Cost Type Cost(1k$) SEE Cost(1k$) 

Instrument 35799.15 1789.958 

Management 2607.036 130.3518 

System Engineering 2862.408 143.1204 

Product Assurance 1343.183 67.15913 

Integration&Test 3451.307 172.5654 

Total 46063.08 2303.154 

 

Table A 1.2. 

Lander 

Cost Type Cost(1k$) SEE Cost(1$) 

Instrument 58434.225 2921.711 

Management 4244.824 212.2412 

System Engineering 4723.907 236.1953 

Product Assurance 2363.087 118.1543 

Integration&Test 6370.292 318.5146 

Total 76136.33 3806.817 
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Adding up the total cost from both satellite and the respective SEE costs, the total cost for this 

mission is found to be $81 million with a margin of ±$4 million. 

APPENDIX: GROUND RULES AND TOP LEVEL REQUIREMENTS  

Tables A 1.3 and A 1.4 show the Ground Rules (GR) given by the AAS/AIAA Competition 

Judging Committee and the Top Level (TL) Requirements which were derived from the ground 

rules and set in order to accomplish the mission objectives.  

Table A 1.3.  Ground Rules given by the AAS/AIAA Competition Judging Committee.   

Ground Rules 

GR.1 Launch C3 < 0 

GR.2 Launch mass < 140 kg per vehicle 

GR.3 Common bus up to an ESPA ring or equivalent 

GR.4 Multiple satellite solutions are encouraged, but not required 

GR.5 Rendezvous is encouraged, but not required 

GR.6 Launch date open but should be optimized for the mission 

GR.7 Measure mass to an accuracy of 10% 

GR.8 Measure volume to an accuracy of 10% across a decameter resolution 

GR.9 Develop global shape model to 5 m accuracy 

GR.10 Map lit surface at 1 m2 resolution 

GR.11 Map at least one 10 m2 regions at 1 cm2 resolution 

GR.12 Characterize the strength of the asteroid surface at one site 

GR.13 Measure spectral properties of surface at a few decameter resolution 

GR.14 
Orbit defined by JPL Horizons (note, 2-body approximations not accurate 

enough) 

GR.15 Assumed asteroid dimensions: 100 m x 50 m x 40 m 

GR.16 Assumed asteroid density: 2 g / cm3 

GR.17 Assumed asteroid spin period: 27 minutes 

GR.18 Assumed asteroid spectral type: S or Q 
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Table A 1.4. Top Level Requirements. 

Top Level Requirements Relates to (GR #) 

TL. 1 
Use LV shared rides or small launchers that can deliver s/c 

in the required parking orbit / transfer orbit to the asteroid 
1, 2, 3, 4, 6 

TL. 2 Use one or more orbiter(s) 4, 14,15, 16 

TL. 3 Use one or more lander(s) 5, 12, 13, 17 

TL. 4 
Scientific instruments need to be at a distance < 30 km from 

the asteroid to acquire necessary data 
7, 8, 9, 10, 11 

TL. 5 
Scientific instruments need to have TBD lighting conditions 

to acquire necessary data 
7, 8, 9, 10, 11 

TL. 6 
Choose scientific instruments appropriately to be able to 

acquire all of the necessary data 

7, 8, 9, 10, 11, 15, 

16, 18 

TL. 7 
Use the appropriate orbital mechanics analysis for the given 

ephemerides and body motions 
14, 17 

 

APPENDIX: EQUIPMENT LIST 

Table A 2.1. contains information regarding the major components the orbiter is comprised of, 

including their mass, volume (if such information is available), cost, power consumption, and the 

mission objective(s) the component satisfies. Since all of the components used have TRL 9, a 

margin of 2.5% was used for mass, volume, power, and cost. Additionally, a system-wide margin 

of 5% was implemented to the final results and only 3-4 significant figures are shown.  

Table A 2.1. List and details regarding all of the orbiter major components.  

Orbiter 

Component 

Mass 

[kg] Volume [m3] 

Power 

Consumed 

[W] Cost [k$] 

Past 

Mission 

Objective 

No. 

Reaction Wheels 

x4 5.904 0.1889 184.5 1699.45 PROCYON N/A 

Star Tracker 0.1896  6.150 1334.55 PROCYON N/A 

Optic Gyro 0.2562  5.125 86.10 PROCYON N/A 

Sun Tracker 0.2050  6.150 1381.70 PROCYON N/A 

Ion thruster (I-

COUPS) 7.4928 0.39 x 0.26 x 0.15 33.83 1015.78 PROCYON N/A 

Cold gas thruster (I-

COUPS)   57.40  PROCYON N/A 
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Ion thruster fuel 8.108  0.000 1094.70 PROCYON N/A 

Cold Gas Fuel 3.280  0.000 205.00  N/A 

HG antenna 9.225  30.75 1419.63  N/A 

LG antenna 1.025  5.125 936.85  N/A 

OBC 2.05  35.88 400.78  N/A 

GaInP/GaAs/Ge 20.4303 0.00189 0.000 2236.55   

2 set Li-Ion Battery 0.27839  0.000 7234.45 Rosetta  

AMICA (Optical 

Camera) 5.740 

0.120 x 0.135 x 

0.180 16.30 3973.93 Hayabusa 4 

TIR (Thermal 

Infrared Imager) 3.280  18.00 2936.63 

Hayabusa 

1/2 8 

Rosetta RSI (Radio 

Science 

Investigations) 14.38  80.70 6054.68 Rosetta 1, 2, 10, 11 

NIRS3 (Near 

Infrared 

Spectrometer) 1.530 

0.336 x 0.165 x 

0.100 9.500 1640.00 Hayabusa 2 9 

LIDAR 3.700 

0.240 x 0.228 x 

0.250 17.00 3887.83 

Hayabusa 

1/2 3, 7 

CONSERT 

Companion to 

Lander 3.000  3.000 529.93 Rosetta 12 

Chassis 21.53 0.9 0.000 2194.53 N/A N/A 

Al Heat pipe 17.09  0.000 2770.58  N/A 

       

Total (including 

component 

margins) 128.22 1.09 508.575 43033.60  

 

 

 

 

 

 

Total (including 

system-wide 

margin of 5%) 134.6 1.145 534 45000   
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Table A 2.2. List and details regarding all of the lander major components.  

Lander 

Component Mass [kg] 

Volume 

[m3] 

Power 

Consumed 

[W] Cost [k$] Past Mission Objective No. 

Reaction 

Wheels (4) 5.904 0.188 184.5 1699 PROCYON N/A 

Star Tracker 0.1896 N/A 6.15 1334 PROCYON N/A 

Optic Gyro 0.2562 N/A 5.125 86.1 PROCYON N/A 

Sun Tracker 0.205 N/A 6.15 1381 PROCYON N/A 

Ion/Cold gas 

thruster (I-

COUPS) 7.492 1.521E-02 91.22 1015 PROCYON N/A 

Retrothrusters 

(cold gas) 0.0512 N/A 2 26.65 PROCYON N/A 

Ion thruster fuel 8.282 N/A 0 1112 PROCYON N/A 

Cold Gas Fuel 1.025 N/A 0 205 PROCYON N/A 

LG antenna 1.025 N/A 5.12 936.8 Rosetta (Philae) N/A 

Onboard 

Computer 2.05 N/A 35.87 400.7 N/A N/A 

Power System 

Supporting 

Electronics 2.05 N/A 0 2590 Rosetta (Philae) N/A 

Power System 

Batteries (60) 8.712 N/A 0 7234 Rosetta (Philae) N/A 

Power System 

Solar Cell 

Arrays (4) 1.742 N/A 0 2305 Rosetta (Philae) N/A 

Chassis 21.52 0.9 0 2194 N/A N/A 

Landing Gear 9.225 N/A 0 1203 Rosetta (Philae) N/A 

Single Phase 

Radiator 9.02 N/A 0 2770 N/A N/A 
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MLI 2.05 N/A 0 400.7 N/A N/A 

Surface 

Coatings, 

Heater 0.5125 N/A 20.5 401.8 N/A N/A 

APXS 1.332 1.783E-04 1.537 690.8 

Rosetta 

(Philae), Mars 

Pathfinder 7, 9 

CIVA 3.485 9.400E-04 2.255 2995 Rosetta (Philae) 4, 5 

CONSERT 1.845 0 3.075 2728 Rosetta (Philae) 2, 3 

COSAC 5.022 0.016 20.5 7878 Rosetta (Philae) 9 

MUPUS 2.408 1.699E-02 2.255 2868 Rosetta (Philae) 6, 8 

ROLIS 1.435 2.343E-03 9.327 1854 Rosetta (Philae) 4, 5 

ROMAP 0.717 5.23E-04 1.025 1275 Rosetta (Philae) 13 

SD2 4.817 5.65E-05 20.5 734.9 Rosetta (Philae) 4, 7, 8, 9 

SESAME 1.845 3.527E-04 1.783 2465 Rosetta (Philae) 2, 3, 6, 12 

Harpoons (3) 1.23 N/A 1.025 275.7 Rosetta (Philae) 6, 9 

Impactor (1) 18.45 0.021 1.025 1747 Hayabusa 2 6, 9 

       

Total 

(including 

component 

margins) 123.90 1.162 423.01 52810   

       

Total 

(including 

system-wide 

margin of 5%) 130.1 1.221 444.2 55000   
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APPENDIX: MISSION TIMELINE 

Figure 13 shows the entire mission timeline, from pre-phase A (concept studies) to phase F 

(closeout / end of mission) according to the NASA project life cycle scheme [53]. Since nearly all 

of the technologies used in this mission are inherited technologies, the timeline of phases A, B, C, 

D, and F are approximated according to [54] and [53].  

 

Figure 13. Mission timeline showing mission phases along with major mission milestones. 

Table A 2.1 highlights what each phase and each milestone correspond to according to the 

NASA life cycle mission formulation.  

Table A 3.1. Phase and milestone descriptions [53].  

Phase / Milestone Name Description 

Pre-Phase A Concept Studies 

 

MCR Mission Concept Review 

Phase A Concept and Technology Development 

SRR System Requirements Review 

SDR System Definition Review 

Phase B Preliminary Design and Technology Completion 

PDR Preliminary Design Review 



33 

 

Phase C Final Design and Fabrication 

CDR Critical Design Review 

Phase D System Assembly, Integration, Test, and Launch 

FRR Flight Readiness Review 

Launch Windows  

Phase E Operations and Sustainment 

PLAR Post-Launch Assessment Review 

End of Mission  

Phase F Closeout / Disposal 

APPENDIX: RISK AND MITIGATION STRATEGIES - DETAILS 

Below is a list of the main mission risks along with their associated mitigation strategies. The 

numbering is the same used in Figure 12. 

1. (Trajectories) Partial or complete failure to perform propulsive maneuvers to enter a 

transfer orbit to the asteroid (orbiter and/or lander+impactor vehicles). Orbiter may not be 

able to achieve the desired operational orbit leading to a partial LOM; lander+impactor 

may not be able to arrive at the prescribed landing locations leading to a partial LOM. 

2. (Trajectories) Partial or complete failure to perform orbit insertion at the asteroid. Orbiter 

may not be able to achieve the desired operational orbit leading to a partial LOM; 

lander+impactor may not be able to arrive at the prescribed landing locations leading to a 

partial LOM. 

3. (Communications) Main communications system fails. Backup communication system is 

used. Data rate is lowered.  

4. (Communications) Line of sight with Earth is unexpectedly obscured and communication 

with Earth is lost. Spacecraft must wait until line of sight with Earth is reestablished and/or 

enter a safe mode until communications are re-established. 

5. (Communications) Lander communication system fails. We do not  have backup 

communication system on lander side. Lander side mission compromised.  

6. (Launch Vehicles) One or both launch vehicles fail. Orbiter or lander+impactor are not 

delivered at the asteroid. Partial or complete LOM. 

7. (Launch Vehicles) Poor weather conditions do not allow the launch to occur on the nominal 

date. Reschedule the launch to a different date within the launch window. 

8. (Launch Vehicles) Launch vehicle can no longer provide a shared ride for either the orbiter 

or the lander+impactor. Scientific operations may be delayed if another rideshare cannot 

be found shortly after the nominal launch date.  

9. (EPS) Momentary or permanent partial failure of the orbiter EPS. One or more scientific 

instruments may need to be turned off momentarily of permanently, leading to a slower 

data acquisition. Comms may have to operate at a reduced data rate.  



34 

 

10. (EPS) Momentary or permanent partial failure of the lander EPS. One or more scientific 

instruments may need to be turned off momentarily of permanently, leading to a slower 

data acquisition. Comms may have to operate at a reduced data rate.   

11. (EPS) Damage to solar panel arrays upon cruise phase for orbiter or lander. A reduced 

power budget would result, meaning that all necessary components would need to share 

lesser resources for power. This could be achieved but adjusting the schedule for when 

each item receives power.  

12. (TCS) Unexpected eclipse from the Sun. Passive control can keep the spacecraft within a 

safe temperature range. 

13. (TCS) Coating absorptivity and/or emissivity degrades due to unexpected high solar 

radiation and/or galactic cosmic rays. Passive and/or active thermal systems can 

compensate. May lead to a shorter spacecraft life expectancy.  

14. (TCS) Radiator fails to reject heat appropriately. We can turn-off low priority instruments 

to reduce heat generation. Put system in sleep mode to decrease the battery discharge rate. 

15. (TCS) Heater fails to maintain temperature of a component. Spacecraft is put into safe 

mode Wait for instruments to receive direct sunlight. 

16. (C&DH) On-board computer fails (orbiter). Reboot entire system may fix some issues but 

if there is any hardware problem, entire mission might be compromised depends on phase. 

17. (C&DH) On-board computer fails (lander). Reboot entire system may fix some issues but 

if not, lander side mission cannot be done. 

18. (AOCS & Landing) AOCS thrusters underperform. Margins in propellant mass are taken 

into account to ensure the spacecraft has enough propellant should the AOCS thrusters 

underperform. 

19. (AOCS & Landing) One or more AOCS thrusters malfunction and/or fail. 

Redundant/backup AOCS thrusters are used.   

20. (AOCS & Landing) Landing gear does not function properly at landing or ascent. AOCS 

thrusters can be used as backup. May lower the science instruments can perform due to not 

being in direct contact with the surface. 

21. (AOCS & Landing) Approach velocity causes the spacecrafts to bounce off the surface. 

Thrusters will be used to reduce the escape velocity. Remaining fuel will be repurposed for 

a landing attempt. 

22. (Propulsion) On orbit propulsion system fails or misfires. Spacecraft is put into safe mode 

and current trajectory is established from Ground station. New trajectory is obtained and 

redundant thrusters will be used to for course correction. Depending on the severity of the 

perturbation and available fuel, course correction will be attempted. 

23. (Propulsion) Fuel leakage caused by micrometeorite impacts. Depending on the 

severeness, it may lead to a partial failure (e.g. orbiter may not be able to achieve the 

desired orbital altitude wrt the asteroid) or a LOM. 

24. (Lander / Impactor) Impactor does not function as designed and fails to hit the asteroid. 

Ground testing will be conducted for the release mechanism of the impactor system. The 

loss of the scientific data from analyzing the impact would be at risk. 

25. (Lander / Impactor) Impactor charge detonates prematurely onboard of spacecraft. 

Impactor charge detonation will be isolated from the lander electrical bus and will only be 

allowed from a dedicated battery for impactor. Loss of the entire lander vehicle could 

occur, which would result in full LOM for the lander and all science objectives it would 

attempt to complete. 
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26. (Lander / Impactor) Lander vehicle suffers malfunction during descent and crashes into 

surface of asteroid. Low velocity approaches will be attempted in simulations and for the 

final mission. In case of a mishap and depending on the resulting orientation, it maybe 

possible to attempt orientation correction or re-attempt landing using thruster and available 

harpoons. Loss of the entire lander vehicle could occur, which would result in full LOM 

for the lander and all science objectives it would attempt to complete. If lander vehicle 

survives the high energy impact, some science objectives could successfully operate 

depending on severity of the damage. 

27. (Lander / Impactor) Lander vehicle fails to achieve uplink of information to the Orbiter 

vehicle. System will be put into safemode and communication attempt will continue till 

battery charge loss. Loss of data from the mission, and no returns from science instruments 

can be gained. 

28. (Lander / Impactor) One or more/harpoons fails. Backup thruster can be used to reduce the 

escape velocity from the asteroid. Second controlled landing can be attempted based on 

remaining fuel and harpoons available. 

29. (Scientific Instruments) One or more orbiter scientific instruments fail. No redundancy is 

included so the objective fulfilled by that component would be left unaccounted for, 

leading to a slower and/or lower data return. 

30. (Scientific Instruments) One or more lander scientific instruments fail. No direct 

redundancy is in place for any given instrument. However, there exists some overlap for 

the type of data gathered between certain instruments. Measurements from an alternative 

instrument may result in less scientific detail gathered, but could prevent total loss of 

information.  
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